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SUMMARY 
An experiment to assess the meteoroid hazard to thin stainless-steel skin 
material was flown as part of the Explorer XIII satellite. A total area of 3.75 
square feet consisting of 3- and 6-mil-thick AISI 304 stainless-steel segments 
was exposed jn space for a period of approximately 3 days. There were no pene-
trations in the exposed area during the data gathering lifetime of the experi-
ment. This report describes the development of the experiment and the conclu-
sions drawn from the satellite ' s brief lifetime in orbit. 
INTRODUCTION 
One primary concern for space vehicles is the meteoroid hazard. Meteoroid 
particles present a serious space hazard b ecause , although they are infrequent, 
they have tremendous penetrating power at their very high velocities. The con-
cern in regard to the hazard stems from studies of the protection required to 
reduce the probability of mission failure to acceptable values. These studies 
show that the hazard is, in general, common to all space systems and takes on 
added importance as the areas and times of exposure become greater. 
The desire for experiments to measure the hazard directly resulted because 
early estimates of the hazard were based on a synthesis of related, but not 
directly applicable, data. The early estimat es of the magnitude of the hazard 
were based primarily on (1) meteoroid velocity data obtained from radar and 
telescopic surveys of the larger particles entering the earth's atmosphere, 
(2) particle density estimates, which give values that vary by more than an order 
of magnitude depending on the assumptions, (3) particle flux rates obtained for 
very small particles by satellites (primarily microphone data) or extrapolations 
of ground-based radar surveys of large particles, and so forth, and (4) labora-
t ory hypervelocity impact studies, which, in general, are not in the meteoroid 
velOCity range. The uncertainties in the aforementioned data were compounded 
when combined to estimate the magnitude of the meteoroid hazard. The combined 
uncertainties gave penetration rate estimates that varied by as much as a factor 
of 1000 or more. The only logical means to eliminate this uncertainty was to 
measure the hazard directly. 
Various methods can and will be used to obtain the desired informationj 
however, satellites are most attractive for the initial efforts primarily be-
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cause a large area-time ~roduct of exposure in space can be obtained. A large 
exposed area to record penetrations and a long exposure time are required to 
obtain statistically significant amounts of data. 
Explorer XIII was the first step in the program to evaluate the hazard di-
rectly. It should be noted in this regard that the Explorer XIII experiment was 
severely limited in the amount of surface area that could be exposed as well as 
in the number of telemetry channels available. Consequently, the experiments 
aboard Explorer XIII (and, in particular, the one described in this report) 
represent a considerable compromise compared with the experiments ultimately de-
sired. Unfortunately, a complete discussion of the general problem of evaluat-
ing the meteoroid hazard directly is beyond the scope of this report; however, 
the general philosophy of experiments to evaluate the hazard directly has been 
presented in references 1 and 2. In light of the experimental restrictions im-
posed by Explorer XIII, the points of view adopted in the development of the ex-
periment described in this section were (1) to attempt to obtain at least some 
crude estimate of the hazard for a structural material of general interest, and 
(2) to develop techniques to be used in the future on either larger, more so-
~histicated experiments or in a "hitchhiking" capacity on other payloads. 
DESCRIPTION OF EXPERIMENT 
The purpose of the experiment was to detect meteoroid penetration of a sur-
face of known material and thickness. The stainless-steel (AIBI 304) material 
exposed was selected because of the general interest in austenitic stainless 
steel for space vehicles . The respective areas and thicknesses of material ex-
posed were as follows: 
(1) 3 square feet of 3-mil stainless steel 
(2) 0.75 square foot of 6-mil stainless steel 
These surfaces were expected to be oriented randomly in space~ because the 
satellite was expected to tumble during most of its operating lifetime . 
The element used to detect penetration of the stainless steel was a very 
fine gold grid that had electrical continuity. The dimensions and details of 
this grid are shown in figure 1. The fine gold grid was bonded to a dielectric 
(Mylar) material, which, in turn, was bonded to the rear (or unexposed) surface 
of the stainless steel. A photograph of the sensor mounted on stainless steel 
with lead wires attached is shown in figure 2. Penetration of the metal surface 
covering this grid ruptures the grid and destroys its electrical continuity. 
This change in continuity results in a resistance change in the telemetry cir-
cuit that modifies the frequency of one of the transmitted tone bursts. The 
development and usefulness of this sensor are discussed in detail in appendix A. 
The 3- and 6-mil surfaces exposed were segmented into smaller areas, and 
these areas were monitored f or penetration by means of the aforementioned sen-
sor. The experimental approach followed in this particular experiment con-
sisted in employing a censored life test in which, if a segment of the exposed 
surface received a puncture, the sensor associated with that segment would be-
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come inoperative. This type of experiment has a self-storing feature and re-
Quires power only during interrogation. This feature was considered desirable 
for this early experiment where it might not always be possible to interrogate 
the system as often as wished and where data could be lost because of poor recep-
tion once the satellite interrogation was initiated. Within the design restric-
tions imposed, it was possible to segment the 3-mil surface into 32 segments and 
the 6-mil surface into 12 segments. (The segment areas used were either 9 or 18 
sQ in.) The restrictions imposed on the experiment in this and other respects 
are detailed in appendix B. 
The manner in which the individual segments were grouped by telemetry chan-
nel is shmm in table 1. The segments were mounted on a cylindrical support 
structure (see fig. 3(a)) ; the physical order of mounting is shown in fig-
ure 3(b) in a developed view. In addition to the segments with their associated 
sensors, four thermistors for surface temperature measurements were located as 
indicated in figure 3(b). 
EXPERIMENTAL RESULTS 
The data from the gold grid senBor experiment are summarized in table II. 
Before the implications of these data are discussed, certain facets of the ex-
perimental results, which are important to their interpretation, should be 
noted: 
(1) Explorer XIII did not achieve design orbit. Its lifetime was a little 
over 2 days, whereas its intended lifetime was upwards of 6 months. 
(2) The large departure from the design orbit made it difficult to find the 
satellite and fix onto it for interrogation purposes. This resulted in usable 
data being obtained for only those orbits, or pass numbers) shown in table II. 
It should be noted, in particular, that all channels were not successfully in-
terrogated until the ninth orbit , (pass number 9)) approximately 15.6 hours 
after launch. 
(3) Only one sensor lost continuity (an indication of a penetration) during 
the time the satellite transmitted data. The sensor that lost continuity was 
associated with one of the 3-mil-thick segments, as indicated by the fact that 
only seven sensors in channell indicated continuity (see table II). It has 
been determined from data not shown in table II that the loss of continuity oc-
curred during the launch phase and, therefore, should be ignored when the data 
are being analyzed. 
The data shown in table II cannot be used to estimate a rate of penetration 
for the 3- and 6-mil stainless-steel materials exposed; however, the phenomenon 
of a surface in space being penetrated by a meteoroid can be though of as a 
statistical phenomenon. If the penetrations are considered to be a statistical 
phenomenon, the data in table II can be used to estimate a reasonable upper 
limit for the rates of penetration when the random pattern of events is known. 
Unfortunately, the random behavior of meteoroid events has not been well estab-
lished for all classes of particles . The common assumption is that Poisson 
statistics describe the meteoroid population) referred to as the sporadic back-
ground, because this assumption seems physically reasonable. The data reported 
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in reference 3 support the aforementioned assumptionj however, the data reported 
in reference 4 do not support it. The data of reference 4 indicated that the 
random deviation in the rate at which events were observed was much greater than 
that of a Poisson distribution . The interpretation proposed for the data of 
reference 4 was that a truly sporadic background does not exist, but rather that 
a background made up of numerous sporadic showers is indicated . It is apparent 
from the results of the investigations reported in references 3 and 4 that the 
statistical phenomena that describe the meteoroid population have not been es -
tablished with any degree of certainty. 
For purposes of analyzing the data from the experiment reported herein, it 
has been assumed that Poisson statistics are applicable . This assumption was 
made primarily because the Poisson relations are easily handled and because the 
available data do not definitely refute this physically reasonable assumption. 
The rates of penetration corresponding to various assigned values of sur -
vival probability for the 3- and 6-mil surfaces were calculated by means of the 
following Poisson relation: 
Po ::= e - rat 
where 
Po survival probability (assigned) 
r mean or average penetration rate (calculated) 
a exposed area, sq ft (see table I) 
t time of exposure, hr (see table II) 
The calculated points are shown in figure 4 for surfaces 1 and 2 . The rates 
corresponding to assigned survival probabilities are indicated by the symbols. 
Shown also in figure 4 are the rates for assigned survival probabilities 
for a material thickness (surface 3) of 9 . 8 mils. This thickness corresponds to 
that used in an experiment conducted by the Goddard Space Flight Center with 
Vanguard III. (These results are presented here because they closely complement 
the results of the Explorer XIII experiment.) The material, area, and time of 
exposure for thi s experiment are given in table III along with the exposure re-
sults. (This information was previously presented in ref. 2.) It should be 
noted that the material exposed by Vanguard III was 27-mil-thick magnesium. In 
order to compare the data of table III with that of table II it was necessary to 
convert the magnesium thickness to an equivalent stainless-steel thickness 
(9.8 mils) on the basis of assumption (4) in the following paragraph. 
Three estimated rate curves (also shown in fig. 4) were constructed from 
the following assumptions: 
(1) Flux rates 
Curve I - Whipplefs mass-flux relation (ref . 5) 
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Curve II - McCracken, et al . , mass - flux relation (ref . 6) 
Curve III - Watson's mass - flux relation (ref . 7) 
(2) Impact velocity, 15 kilometers per second 
(3) Micrometeoroid density, 2 . 7 grams per cubic centimeter 
(4) Summer's penetration cr iteria (ref. 8 ) for ~uasi - infinite targets multi-
tiplied by 1.5, where 1.5 i s a thin- sheet correction based on the re-
sults reported i n reference 9 
The rate estimates shown in figure 4 as curves I to III, represent flux 
rates into the earth's atmosphere . In calculating the rates associated with the 
probabilities, no area exposure corrections were made to the area values shown 
in tables II and III for surface configuration, orientation in space, earth 
shielding effects, and so forth . The probability rates are therefore lower by a 
factor ranging from at least 2 to 4 than the estimated rates of curves I to III; 
however, applying a correction to the satellite data would not alter the con-
clusions to be drawn from the data . For this reason and because no simple logi-
cal correction procedure was available, the total area of the respective thick-
ness exposed was used in calculating the probability rates. 
In interpreting figure 4, it is necessary to remember that none of the sur-
faces exposed experienced a penetration. Therefore, it is logical to assume a 
reasonably high survival probability for the surfaces both individually and col-
lectively. The survival probabilit y to be selected as reasonable is, of course, 
a matter of personal choice . Within the preceding context then, figure 4 indi -
cates that the rate estimates given by curve I are peSSimistic because they 
produce very low survival probabilities for the exposed surfaces. In particular, 
if the combined survival probabilities are considered (i.e . , the product of 
survival probabilities of surfaces 1 to 3), curve II also results, in general, 
in low survival probabilities . In particular, curve II appears to give rate 
estimates that are too high for the thinner surfaces. Curve III seems to be the 
most rational estimate of the rates based on the exposure data available . As a 
point of interest, the combined survival probability of the three surface thick-
nesses investigated would be 2X10- 4, 4xlO- 6, and 0. 97, if the penetration rates 
were those indicated by curves I to III, respectively. 
The data obtained by the experiment are of limited value primarily because 
no penetrations were recorded. The usefulness of the data lies in establishing 
upper limits to the rates expected, but the data cannot be used to determine the 
actual rates prevailing or to set a lower limit . The kinds of data re~uired to 
establish rates and their variations have been discussed in detail in refer-
erence 1. 
There are some aspect s of the information shown in figure 4 that re~uire 
comment. The mass-flux relation used in constructing curve II was based on 
satellite microphone data. This detection system is thought to be momentum 
sensitive, based on calibration data for low-velocity impacts. (The pulse 
strength or response was found to be a linear function of impact momentumJ and 
these results were assumed to hold for impacts at micrometeoroid velocities.) 
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The pulse level measured by the microphone in space is converted to a mass 
measurement for the impacting particles by assuming an average velocity of im-
pact (usually 30 km/sec). Although the microphones do not measure mass directly, 
the data from the microphone experiment do represent essentially the only direct 
measurements of flux rates for the size particles that are most likely to pene -
trate the material thicknesses exposed by Explorer XIII. The flux rates associ-
ated with curves I and III are based on extrapolations from meteor-survey re-
sults, which involve larger mass particles. Assumptions are also necessary to 
convert these observations into estimates of flux as a function of mass. A full 
discussion of these considerations iS J however, beyond the scope of this report, 
but they are discussed more fully in references 1 and 2. 
It was noted in the discussion of figure 4 that curve III may be a reason-
able estimate of the rates to expect. If the flux rates reported for the micro-
phone data are correct, rates as low as curve III would not be anticipated un-
less the damage caused by micrometeoroids is much less than estimated . A temp-
tation exists in the aforementioned regard to assume that the particles may be 
of very low denSity as postulated by Whipple, Beard, and Opikj however, it would 
be rather rash to infer that the particles have very low denSity based on the 
meager amount of data presently available. Such an inference would introduce 
difficulties in physically explaining how low-density particles of such small 
dimensions could exist in the solar system (see, e.g., ref . 10). It would also 
be necessary in this regard to demonstrate that low-density particles lack the 
penetrating power of denser particles of equal mass. It might be conjectured 
that the short exposure time of Explorer XIII surfaces occurred during a period 
of unusually low meteoroid activity; however, since Vanguard III data covered a 
period of 72 days, the short exposure time thus could not be explained on this 
basis. Another possibility that seems plausible is that previous satellite data 
may undergo some adjustment once the microphone devices receive more complete 
calibration. Complete calibration of these devices has not been possible in the 
past, because velocities in the meteoroid range were not obtainable in the labo-
ratory and there have been other problems associated with these deVices, such as 
thermal creaking. Other explanations or speculations could be put forward to 
explain the results observed . For example, the assumed impact velocity may be 
too great, or damage criteria developed for particles three orders of magnitude 
greater than those expected to b e encountered are not valid when applied in esti -
mating rates of penetration . It is quite apparent, however, that there is a 
need for experimental data with more statistical significance, so that it will 
not be necessary to resort to conjecture. A word of caution in one other re-
spect should be expressed in regard to the Explorer XIII data . The average peri-
gee of Explorer XIII over its useful life was less than 113 kilometers, an alti-
tude at which meteoroid particles begin to interact rather drastically with the 
earth ' s atmosphere (i .e., meteor sightings normally occur in an altitude range of 
from 80 to 110 km). The data may not be representative, therefore, of results at 
greater perigee. Some of the ephemeris data for the satellite were as follows : 
G 
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Initial orbit Predicted 
based on 
minitrack data 
Apogee, km 1147 980.1 
Perigee, kID 112 . 8 452 .6 
Period, min 97 . 25 99.06 
Eccentricity 0. 07379 0.03713 
Inclination, deg 37 . 68 37.68 
Argument of perigee, deg 180. 9 108 . 4 
The skin temperatures recorded for the Explorer XIII package while in orbit 
are shown in table II and figure 5 . Unfortunately, the data are too sketchy to 
trace a true temperature-time history for the package . In addition, it is dif-
ficult to give a physical explanation for the differences between the individual 
thermi st or readings, since the satellite reportedly had not started to tumble in 
orbit. It is ~uestionable, therefore, that the differences indicated are real. 
It is more likely that the differences noted are due to imperfect matching of 
thermi stor characteristics (see appendix B) and telemetry system effects. The 
high initial temperatures are undoubtedly due to aerodynamic and rocket heating 
during ascent to orbit. The increasing temperatures toward the end of the 
satellite life are probably due to atmospheric drag heating at perigee caused by 
the rapidly decaying orbit. The temperatures a chieved were satisfactory operat-
ing t emperatures with exception perhaps of the temperatures immediately after in-
injection into orbit . 
The maximum temperature experienced during launch was estimated to be 
1150 F. This was well below the 1500 F maximum temperature limit specified (see 
appendix C). The thermal control measure for the package, therefore, appear to 
have been ade~uate for both launch and orbit phases of flight. 
CONCLUSIONS 
The data obtained from the stainless -steel penetration rate experiment 
flo~m on Explorer XIII are limited; however, when combined with penetration data 
from Vanguard III some conclusions can be drawn. Whipple's mass-flux distribu-
tion and Mccracke~, et al . mass - flux distribution along with the following as-
sumptions: (1) meteoroid denSity, 2. 7 grams per cubic centimeter, (2) meteoroid 
velocity, 15 kilometers per second and (3) Summers! penetration criteria yield 
predicted rates of penetration that are probably too high . Predicted penetra-
tion rates based on Watson's mass - flux distribution and the preceding assump-
tions appear to be more reasonable than the others . 
Lewis Research Center 
National Aeronautics and Space Administration 
Cleveland, Ohio, June 14, 19 63 
7 
APPENDIX A 
SENSORS 
Sensor Design Philosophy 
The basic purpose of the desired sensor is to detect meteoroid penetration 
of a surface of known material and thickness. In general) there are a limited 
number of physical principles that can be employed to measure a penetration . 
The principle employed in this experiment has been described previously in the 
section DESCRIPTION OF EXPERIMENT . 
Some of the reasons the gold grid sensor was developed are as follows : 
(1) Light weight 
(2) Ability to be used to sense penetrations through almost any type of 
material 
(3) Adaptability to almost any configuration 
(4) Adaptability to a wide variety of telemetry and data-handling systems 
(5) Low power consumption 
(6) Self- storing feature 
(7) Simplicity and reliability 
(8) Adaptability to future vehicles with expandable surfaces 
In addition to these features) the following considerations were important in 
selecting a sensor: 
(1) It should be able to detect the smallest hole caused by complete pene -
tration of t he test specimen. 
(2) It should not have an appreciable effect on penetration of the test 
specimen . 
(3) It should not record meteoroid impacts that do not result in penetra-
tion of the test specimen . 
(4) It must be rugged enough to withstand launch conditions and the space 
environment. 
Sensor Development 
The sensor used is shown in figures 1 and 2. It is an e~uilateral triangle 
with sides 4. 57 inches long and an effective area of 9 s~uare inches. Grid 
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dimensions selected were 0.002-inch-wide lines and 0.002-inch-wide spaces. If 
an impact is centered on a space, the minimum hole size that would ensure rup-
turing one grid line is 0.006 inch in diameter. The minimum size hole resulting 
from complete penetration of 0.003-inch-thick material was estimated to be of 
this order; therefore, these grid dimensions were considered satisfactory. 
Furthermore, the area of the sensor damaged by penetration is expected to ex-
ceed the size of the hole in the test specimen. Finer grids could have been 
used, but development time and cost of sensors would have been greater. 
Gold was selected for the grid material because of its ductility, corrosion 
reSistance, and low reSistivity. The grid thickness was only 90 microinches, so 
that it would have negligible effect on penetration of the test specimen. Cor-
rosion resistance was considered essential for these thin films. Furthermore, 
gold is readily adaptable to the manufacturing process. 
Selection of the insulating material to be used between the gold grids and 
the test specimen vras governed by the following factors: availability in ultra-
thin films, resistance to space environment including vacuum and radiation, and 
usability over a wide temperature range. Thin films of Mylar satisfied these 
requirements. Selection of Mylar required selection of an adhesive that would 
satisfy the same requirements that were imposed on the Mylar. A thermal-
setting polyester adhesive was found t o be satisfactory. Mylar, 1/4 mil thick 
and precoated on both s i des with adhesive, was used for the insulating material. 
A brief description of the manufacturing process follows. The process 
starts with a thin sheet of copper that has a flash coating of nickel, which, in 
turn, is coated vrith a photosensitive material. The grid pattern is formed on 
the photosensitive material by use of a master pattern. After the unexposed 
material is washed off, gold is electrolytically deposited on the clean nickel 
surface . The remaining photosensitive material is then etched away, which leaves 
the gold grid on the copper and nickel substrate . The gold grid and stainless-
steel test specimen are then laminated with the intermediate layer of adhesive-
coated Mylar by feeding the composite structure through heated rolls. Finally, 
the copper and nickel are removed by etching, which leaves the exposed gold grid 
bonded to Mylar, which, in turn, is bonded to the stainless steel. 
Each sensor was microscopically inspected for flaws or defects that might 
impair its function. Some bridging or shorting between adjacent lines of the 
grid was unaVOidable, and it was necessary to determine the number of lines so 
bridged. The number of bridges or shorts of this type was limited to 10 percent 
of the total number of lines; however, the average number of shorts was less 
than 5 percent of the total number of lines . Electrical resistance of the sen-
sors was 22.5 kilohms flO percent . After inspection, a small piece of 1/2-mil-
thick gold foil was cemented to each end of the gold grid with conducting silver 
cement. These gold pads or terminals distributed the l oading imposed on the 
fine gold foil by electrical connections. Silver-coated wires, 5 mils in diam-
eter, were bonded to the gold terminals with the same conducting cement. These 
wires serve as an intermediate connection between the sensor terminals and the 
heavier gage wiring leading to the telemetry (see figs. 2 and 3). 
9 
Sensor Mounting 
Sensor mounting details are shown in figures 3 and 6. The basic structure 
of the experiment is a cylinder of 1/16- inch- thick aluminum. IJarge areas, ap-
proximately 60 percent of the internal surface area, are chemically milled to a 
thickness of 0 . 020 inch for weight reduction. The remaining area forms 
strengthening ribs and also protects the internal wiring from meteoroid impacts. 
Bonded to the exterior of the cylinder is a 1/32- inch- thick sheet of silicone 
rubber that serves as a soft flexible backing for the sensors. The sensors are 
bonded to the silicone rubber, which permits some movement due to thermal ex-
pansion or contraction. 
Small tubes inserted in nylon bushings through the aluminum skin serve as 
intermediate electrical terminals (see fig. 6). The internal wiring is soldered 
to these tubes on the inside of the drum. Lead wires from the sensors are in-
serted through the tubes and then soldered to the tubes, and the internal wiring 
thus forms a positive but flexible connection . A somewhat simpler mechanical 
connection was tried, but relative movement of the sensor and aluminum cylinder 
caused electrical connections to fail in some cases . Finally, the three corners 
of the sensors are clamped down with spring- loaded nylon washers . These washers 
serve as a redundant holding device for the sensors in the event that the bond 
between the sensor and silicone rubber should fail. 
Four thermistors are located on the circumference of the cylinder approxi -
mately 900 apart (see fig . 3(b)). They are embedded in the adhesive between the 
silicone rubber and the sensors so as to oe in almost direct contact with the 
sensors . 
Sensor Evaluation 
The effect of impact and penetration on sensors was evaluated by impacting 
with 10- to 20-mil-diameter glass or steel spheres at velocities to about 7500 
feet per second . The particles were fired from a 220 Swift rifle . Various con-
figurations of sensors were tested, and the previously described design was es -
tablished in this manner. Some of the interesting features of this program are 
described hereinafter. 
While the gold foil grids were still in development stages, particles were 
impacted on sensors made with foil strain gages to determine the effect on 
laminates of this type. When oroken, the foil folded oack on itself and thus 
created the possioility of a short circuit that would conceal the break by remak-
ing the circuit . Several backing materials were tried to prevent this occur-
rence . Hard materials reduced the depth of penetration in the test specimen, 
while light, porous materials did not provide sufficient backing . A thin sheet 
of silicone rubber proved to be satisfactory, since it offered little resistance 
to the particle emerging from the test specimen but provided sufficient backing 
in the area immediately surroun~ing the penetration. The rubber backing also 
helped prevent rupture of the sensor due to an impact that did not completely 
penetrate the test specimen . When the gold grids became available for testing, 
it was discovered that peeling or folding was not a problem with these sensors . 
Unfortunately, sufficient time was not available to find a lighter substitute 
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for the 1/32-inch-thick silicone rubber that had already been incorporated in 
the design. The silicone rubber used, therefore, represented a slight weight 
penalty. 
Several dielectric materials besides Mylar were tried. One of the more 
promising materials was a vapor-deposited film of silicone monoxide} however, 
the silicone monoxide film crazed and thinned down during partial or complete 
penetration of the stainless steel and thus created a possibility of shorts be-
tween the gold grid and the test specimen. Conse~uently, it was not considered 
suitable as a dielectric material. 
Smaller glass particles, approximately 5 mils in diameter, were also used 
t o obtain partial penetrations of the test specimen. Despite the violent crater-
ing action and bulging of the test specimen in the vicinity of the crater, the 
gold foil did not rupture. Thus, it was concluded that the sensor would detect 
only those impacts resulting in complete penetration of the test specimen. 
Attempts to penetrate the stainless steel and at the same time to make holes 
sufficiently small so as not to rupture the grid were not successful because of 
e~uipment limitations. The smallest holes generated by impacting particles were 
6 mils in diameter, and these were more than sufficient to rupture the grid. 
Continuity of the sensor was disrupted in all cases of complete penetration. 
The sensors were also checked for short circuits in the vicinity of the penetra-
tion that might possibly remake the circuit. This condition did not occur in 
any of the 50 or more penetration tests. Although the impacts and penetrations 
in these tests may not be truly representative of meteoroid impacts, they are 
believed to give a fair indication of the behavior of the sensors. 
II 
APPENDIX B 
DESIGN CONSIDERATIONS 
Design Restrictions 
There were certain design restrictions placed on the experimental package 
that influenced the design of the experiment greatly. These restrictions or 
re~uirements are discussed in the following paragraphs. 
Telemetry. - To obtain redundancy in the satellite telemetry system) two 
independent 48 -channel systems were used. This particular experiment was al-
lotted three fre~uency channels and two time channels in each system. The fre-
~uency channels were used to interrogate penetration sensors, and the time 
channels were used to measure skin temperature. The details of the circuitry 
employed are described subse~uently. 
Weight and area. - The total weight of the experiment including any support 
structure) wiring, and so forth) was restricted to 5 pounds. The area available 
for exposing skin samples was approximately 4 s~uare feet. 
Configuration. - The area allotted the experiment was a cylindrical area 
located around the nozzle of the fourth-stage rocket. 
Thermal control. - The experiment had to function in the space environment 
with only passive means available for controlling temperature. Heating due to 
fourth-stage rocket combustion and aerodynamic friction on ascent was also con-
trolled by passive means; however) an aerodynamic heat shield was provided that 
was jettisoned after third-stage burnout. 
Reliability. - The experiment ,vas re~uired to survive launch conditions and 
to be able to operate in the space environment for a period of at least 6 months. 
Circuit Design 
The design of circuits connecting the grid sensors to the telemetry system 
was a problem of matching the characteristics of the sensors to those of the 
telemetry system. The electrical characteristics of the sensors are those char-
acteristics of a resistor with a nominal room-temperature resistance of 22.5 
kilohm.s. This resistance has a positive temperature coefficient corresponding 
to that for gold of about 0.0034 ohm per ohm per °C. When a sensor is pene-
trated by a particle that disrupts the grid) the resistance goes nominally to 
infinity. 
The fre~uency channels take a 0- to 2.5-volt full-scale signal across a 
10-kilohm resistor. The time duration channels measure a resistance with a 
full-scale value of 5 kilohm.s. Both the fre~uency and time channels are best 
utilized for making analog measurementsj however) the disruption of the grids, 
which were interrogated by means of fre~uency channels) is a digital measure-
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ment. To utilize the frequency channels) therefore) it was necessary to obtain 
a discrete change of frequency each time a grid was disrupted. The minimum 
change in frequency that could be detected was estimated to be 10 percent of 
full scale. This minimum resolution was based on the estimated signal to noise 
ratio expected for the telemetry system and receiving equipment employed and for 
the intended orbit. 
A frequency channel circuit that achieves a minimum full-scale change of 
10 percent each time a grid is disrupted is shown in figure 7. Eight sensors 
represented by resistors Rs each with a series resistor RLJ are connected in 
parallel between the power supply and a 10-kilohm input resistor RI . The 
series resistor RL is large compared with the sensor resistor RS and input 
re s i stor RI such that each of the eight legs approximates a constant current 
s ource t o RI . The voltage across RI is then a direct measure of the number 
of intact sensors in that channel. To maintain a minimum change in input sig-
nal of at leas t 10 percent of full scale when one sensor opp.ns J the maximum 
number of legs is limited to eight . 
As a result of satellite development changes) the grid sensor developed was 
not tailored to the specific telemetry channel assignment that evolved. The 
area as s igned to the experiment was initially portioned into 60 segments of ap-
proximately 9 square inches and grid sensors 9 square inches in area were devel-
oped. An arrangement of sensors by channels that utilized the full area allot-
ted and satisfied the aforementioned circuit restrictions is shown in table I 
and figure 3(b). Three channels used the circuit described previously. Sensors 
on two channels were doubled; that is) two sensors were tied in series to form 
the resistor RS' One channel employed only four legs in parallel with one sen-
sor in each leg. The minimum voltage change per break across resistor RI is 
shown in table I for each circuit arrangement. 
It should be noted that preflight calibrations of the frequency channels 
indicated a s lightly l ower sensitivity than that expected. The minimum change 
due t o a sensor penetration is approximately 9 percent rather than 10 percent. 
This s light reducti on in sensitivity is due to nonlinearity of the voltage to 
fr equency converter of the telemeter. 
The temperature sensitivity of the circuit employed is low because of the 
relative values of RL and RS ' The most temperature-sensitive circuits) of 
course) are those circuits (i.e .) channels) employing two sensors per leg. As 
an indication of the effect of temperature on the signal output) the percentage 
of signal change resulting from a 1000 C change in temperature of all the sen -
sors in a channel is also given in table I. If large temperature variations are 
actually encountered during the life of the satellite, the data will be tempera-
ture corrected by use of the skin temperature measurements described in the fol-
lowing paragraph. 
The remaining four time-duration channels of telemetry were used to measure 
the temperatur e at four points on the surface of the experiment. These measure-
ments wer e made ,nth subminiature head-type thermistors . The four thermistors 
used wer e matched to within ±2° C) so that a single calibration curve 
would s uffice . Thes e the rmistors were shunted with a 5-kilohm resistor to 
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limit the maximum resistance measured by these time-duration channels. 
Selection of Skin Thickness and Area Distribution 
The area and thickness distribution employed in the experiment is shown in 
table I and figure 3(b). Within the restrictions already outlined, the skin 
thickness and area distribution were selected based on the following: 
(1) The experiment would have a nominal lifetime of 6 months, although it 
was hoped a longer lifetime would be achieved. 
(2) The average rates of penetration expected were estimated as in refer-
ence 1 . Based on these average penetration rates and within the area restric-
tions imposed, thicknesses were selected that would yield data within 6 months. 
The desire to expose the maximum practical thickness was alBo used as a crite-
rion in selecting material thickness (i.e., maximum thickness consistent with 
the re~uirement that any results have statistical significance). 
(3) It was recognized that the rates predicted were at best only crude es-
timates and that the random fluctuations about these average rates might be 
~uite large . Rates at least two orders of magnitude greater or less than those 
predicted could be recognized with the skin thickness and area distribution se-
lected. If the rates were two orders of magnitude greater than those expected, 
portions of the 6-mil surface should survive long enough so that it would be 
recognized that breaks (disruption of the electrical continuity in individual 
legs of the parallel circuits described previously) were occurring as the re-
sult of penetrations of the surface material and not as a result of some experi-
ment malfunction. If the rates were two orders of magnitude less than those 
predicted, there should be a sufficient amount of 3-mil surface area exposed 
that some penetrations would be recorded in a 6-month period and, as a result, 
would show that the experiment was performing satisfactorily. 
(4) The satellite was expected to tumble in space) and) therefore) the ar-
rangement of the sensors on the periphery was not considered of conse~uence. To 
correct for temperature effects) however, it was desirable to have all sensors 
in a given telemetry channel at approximately the same temperature and to have a 
measurement of this temperature. All sensors in a given channel were grouped 
together) therefore, in the vicinity of a thermistor. The exception was channel 
6 for which it had been planned to expose bare sensors without protective 
stainless-steel covers; however, a lack of time and other more pressing problems 
did not permit this development. 
(5) The considerations in item (4) were also influenced by the fact that 
breakage of individual legs in a channel could not be distinguished from one 
another as a result of the circuit employed (i . e., only the number of legs lost 
per channel as a result of penetrations could be determined). 
(6) Both material thicknesses (3 and 6 mil) were used on telemetry channels 
A and B. Thus) in the event of a failure of either telemetry system, the experi-
ment would simply be reduced in scale. 
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(7) It was desirable to divide the 3- and 6- mil surfaces into as many seg-
ments as possible for statistical reasons (see ref. 1). 
Thermal Control 
The construction of the experimental package utilized Mylar and adhesives, 
which were essentially in intimate contact with the stainless-steel surface be-
ing exposed. The adhesives, in particular, made it desirable to limit the sur-
face temperatures to a maximum of a~proximately 2000 F. For this reason, the 
temperatures that would result from exposing bare stainless steel could not be 
tolerated because stainless steel has a ratio of solar absorptivity to low-
temperature emissivity ~JE of about 8. It was necessary, therefore, to lower 
the exposed surface ~/E ratio preferably to some value less than 1.0. 
The temperatures of a number of satellites have been successfully con-
trolled in the previous manner; however, the coatings employed have, in general, 
been ~uite thick. In addition, only the internal temperatures of the satellite 
(in particular the telemetry package ) were of concern, and considerable fluctua-
tion of outer skin temperature was tolerated . The thermal re~uirements of this 
experiment necessitated that the exposed skin itself must not exceed a given 
temperature, and any coatings used to reduce the maximum temperature must be 
thin enough so that the penetration phenomena are not seriously compromised. 
Information of this character was not available; and, therefore, it was neces-
sary to develop the data . The data on thin coatings were obtained with the 
space-simulator e~uipment described in appendix D. A number of the coatings 
investigated were of the organic type (white paint), which is affected in parti-
cular by the ultraviolet portion of the solar spectrum. The effect of ultra-
violet radiation on the coatings was investigated by using the e~uipment de-
scribed in appendix E. Additional elimination of coating materials was done in 
the course of the thermal-vacuum test conducted on sensor assemblies described 
subse~uently by exposing specimens mounted in the vacuum chamber to ultraviolet 
radiation entering the vacuum chamber through a ~uartz window and emanating from 
an ultraviolet lamp. 
The ratio of ~/€ re~uired to control the experiment temperature could not 
be determined precisely because the experiment had to be designed without a full 
knowledge of the temperature control to be applied to adjacent structures. In 
addition, the heat-conduction characteristics between the experiment and the 
adjacent structure were not known. It was anticipated, however, that the adja-
cent structures or experiment would run hotter. A very difficult thermal gradi-
ent problem also occurred with the ring assembly used. The ring was so thin 
that no appreciable conductions of heat around the ring could be relied on to 
even out the temperatures. Thus, any sensor facing the sun could, to a large 
extent, only reject heat by radiating it back to space if conduction from adja-
cent structures is ignored. In the event the adhesive bonds did not hold (and 
the structure was held only by the mechanical connections discussed previously), 
the condition of no conduction just discussed would be very close to the actual 
situation prevailing. The maximum temperature of a sensor in this detached 
state would be almost entirely a function of the ~J€ ratio of the surface. For 
this reason, the ~/E ratio had to be 1.0 or less because the maximum tempera-
ture that could be tolerated was about 2000 F. It was decided in the light of 
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the problemE just discussed to limit the maximum temperature and accept any re -
sulting thermal gradients with the hope that the gradients would be alleviated 
by conduction from adjacent s tructures . 
The coating or surface treatment that appeared most sat isfactory f or the 
application in mind was obtained by treat ing the stainless steel by a commercial 
process . The s tainless steel is subject ed to a hot salt bath that formE a mixed 
iron oxide surface layer, which is negligibly thin (perhaps no more than a few 
microns ) and has a flat black appearance . The ~/€ ratio measured in the space 
s imulator for this coating had a nominal value of apprOximately 0.97 . This 
value of ~/€ would be sat isfactory if the experiment were isolated from the 
remainder of the experiments, which were designed t o run hotter . Some conduc-
tion of heat from adjacent experiments were expected, and , thus, a lower value 
of ~/€ should be obtained. For this reason and because low skin temperatures 
were no apparent problem, it was decided to apply a coat of white paint over the 
black stainless -steel surface t o drop the ~/€ ratio still further . The paint 
selected for thi s purpos e from a number that were investigated had a titanium 
dioxide pigment. A spray method of application was used to obtain a very thin, 
uniform coat . The spray coating lowered the ~/€ ratio of the surface to a 
value of approximately 0. 65 . (Dipped coat ings gave lower ~J€ ratios , but 
there did not appear t o be any practical method of applying the coatings to the 
final assembly in this manner . In addit ion, it was much more difficult to con -
trol the coating thickness when a dip process was used. ) Since there was some 
concern that the properties of this coating would be seriously altered by the 
solar ultraviolet radiation, the specimens wer e exposed under vacuum conditions 
to the equival ent of 1200 hour s of solar ultraviolet radiation (approx. equiva-
lent to 6 months of exposure on the sat ellite), and the ratio of ~/€ measure -
ments was taken again . Although the coatings had turned brown on exposure to the 
ultraviolet radiation, the ~/€ ratio had only increased to approximately 0 . 77 . 
The thermal control coating used for the experiment then consisted of blackening 
the stainless steel and then spraying white paint over the black surface to a 
nominal thickness of 0 . 5 mil . (As a point of interest , the emissivity value 
measured for the surface was 0. 95 at a specimen temperature of 800 C. ) 
Alt hough other coatings were investigated, only the thermal control coat -
ings finally selected have been described herein . It might be noted, however, 
that paints have many advantages as thermal control coatings . Chief among these 
advantages is ease of application, even as a final step in the process of fabri -
cation. 
Heating of the experiment during the launch phase due to aerodynamic fric -
tion and heat transmission through the rocket casing and nozzle was also of con -
cern ; however, this aspect of the thermal design was handled by those persons 
responsible for the thermal design of the total payload . It was specified, 
however, that the combined aerodynamic and rocket heating should not cause the 
experiment temperature t o exceed a maximum of 1500 F. 
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APPENDIX C 
ENVIRONMENT TEST 
The prototype and flight assemblies of the Lewis meteoroid penetration ex-
periment were exposed to environmental tests including vibration, acceleration, 
shock, and thermal vacuum. The prototype was tested to values 50 percent 
greater than those anticipated during launch, while the flight assemblies were 
tested to anticipated val ues . For all tests, the assembly was restrained in a 
manner to simulate as near as practical actual mounting on the fourth-stage 
rocket. These were additi onal to tests of the complete satellite assembly con-
ducted by Langley. Tests were conducted also on individual sensor assemblies. 
Equipment 
Thermal vacuum. - Equipment used for the test was essentially an isothermal 
enclosure for the test specimen inside a vacuum chamber. The enclosure was 
electrically heated and cooled by liquid nitrogen. Thermal cycling tests were 
conducted during regular working hours only because automatic equipment was not 
available. About three cycles per day were possible. Vacuum, however, was 
maintained overnight. Temperature and electrical resistance of the sensor were 
continuously monitored during the test. The sensors were visually inspected 
i-Then each test run was completed. 
Vibration . - The required vibration t ests were conducted on a l500-pound-
force shaker . A controller t ogether with an appropriately placed accelerometer 
maintained a constant sinusoidal amplitude at the accelerometer location as the 
frequency was varied . 
The instrumentation for the vibration tests consisted o£ a piezoelectric 
accelerometer and matching amplifier system, a direct-current amplifier, a 
detector-filter, and a recording oscillograph, as shown in figure 8 . Also 
shown is the driving force recording method. All components except the detector-
filter were commercially available items . Per£ormance of the instrumentation 
was satisfactory. 
Shock . - The shock test e~uipment consisted of a platform mounted between 
two vertical guide rods. Wedges were attached to the bottom o£ the platform to 
control deceleration. To produce the shock, the platform with wedges, mounted 
test package, and attached instrumentation were elevated to a height of 42 
inches above the rest position. A solenoid-operated release allowed the assem-
bly to fall freely to a bed of sand. The wedges entered the sand and provided 
the controlled deceleration force. The e~uipment used was commercially manu-
factured. Results were reproducible to about ±10 percent. 
Spin. - The purpose of the spin test was to apply a sustained axial and 
radial acceleration to the test package. The forces were applied in three di-
rections. The package was spun about its axis of symmetry (vehicle thrust 
axis), it was spun about an axis perpendicular to the thrust axis with the force 
along the thrust axis, and it was spun about an axis perpendicular to the thrust 
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axis with the force along the reverse thrust axis. 
the horizontal platform of a commercial spin table. 
manually. 
The package was rotated on 
Table speed was adjusted 
Test specimen mounting . - Eoth flight and prototype assemblies were bolted 
to a t est platform by means of the flange on the assembly that \V8.S used to mount 
the experiments on the rocket . The test platform consisted of a baseplate and a 
simulat ed section of the skirt around the nozzle of the fourth -stage rocket . all 
loads and vibrations were applied to or through the baseplate, which simulated 
the rocket. These loads were then transmitted through the mounting flange and 
simulated skirt and thus approximated the actual rocket loading. The individual 
sensors tested were also mounted to simulate the actual loading configurations. 
Test Results 
Thermal vacuum. - The tests conducted with individual sensor assemblies are 
summarized in table IV. Sensors 1 to 3 were laminations of 0 . 006- inch stainless 
steel, Ij4-mil Mylar insulation, and gold foil grid, respectively, and a l - mil 
cover of Mylar . Sensor 4 was identical except that the I - mil Mylar cover was 
omitted. Sensors 5 to 7 were identical to sensors 1 to 3 but were bonded to 
silicone rubber and aluminum. 
To of the three sensors that failed (lost electrical continuity) did so at 
temperatures near 3000 F. Sensor 1 failed when the temperature of the isother -
mal chamber overshot the desired temperature (2300 F) and climbed to 2900 F . 
When the temperature was intentionally raised to 3000 F after 382 hours of soak -
ing at lower temperatures, sensor 3 failed . The failure of sensor 2 was appar-
ently due to thermal shock when room air was rapidly bled into the test chamber. 
In all three cases, failure amounted to disruption of the electrical continuity 
of the grid; however, microscopic examination of the sensors did not reveal the 
location of the break . All other sensors retained their continuity during and 
after the test . It appears, therefore, that individual sensors will withstand 
soaking at 2500 F or cycling between - 500 and 2500 F for long periods . 
In fabricating the prototype and flight packages, the sensors were bonded 
to the silicone rubber backing by soaking at temperatures in excess of 2000 F 
for 12 hours . Thus, all sensors were exposed to this temperature at atmospheric 
pressure. The flight packages were exposed to a vacuum of approximately 10- 6 
millimeter of mercury for 200 hours or more . During this time, 10 or more 
thermal cycles ranging from - 500 to 1500 F were completed . In . addition, one 
package was tested for five thermal cycles from - 500 to 1500 F at atmospheric 
pressure . For the thermal- vacuum tests, the experiment was mounted on a skirt 
simulating the mounting on the fourth - stage rocket . One complete cycle between 
-500 and 1500 F re~uired about 4 to ~ hours. 
During all thermal and thermal- vacuum tests, a continuous check on the re-
s istance of the sensors and thermistors as well as checks for shorts to ground 
was provided by a semiautomatic checking device . This device reported a fault 
if the resistance did not fall within pres cribed limits, "l-lhich were governed by 
the temperature variation of resistivity, or in the case of shorts to ground, if 
the resistance dropped below about 17 megohms. 
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The sensors would not tolerate as high a temperature when mounted to the 
aluminum cylinder as when they were mounted to a flat plate. Sensors mounted 
on a flat plate, as described previously, withstood temperatures in excess of 
2500 F. Distortion of the aluminum cylinder at elevated temperatures caused 
relative movement between the sensors and the cylinder, which caused a few sen-
sors to fail (lose continuity). Therefore, the test temperature was reduced to 
the more realistic temperature cited previously (1500 F). In this regard, it 
might be mentioned that other mounting schemes were available to alleviate this 
condition; however, because it was not critical that the experiment be designed 
to withstand higher temperatures and because time was short, these schemes were 
not incorporated in the present satellite. 
A few sensors failed during the bonding operation at 2000 F and initial 
thermal-vacuum tests. These were believed to be defective sensors, and when 
they were replaced, the assembly was retested with satisfactory results. No 
other detrimental effects of thermal or thermal-vacuum environment were ob-
served. 
Vibration. - The tests with individual sensors were conducted with sensors 
mounted on silicone rubber and fastened to an aluminum sheet in the same manner 
as it would be on the flight assembly. Sinusoidal vibrations from 500 to 2000 
cycles per second and back at a sweep rate of 2.8 octaves per minute were ap-
plied to the sample. The acceleration varied between 43 and 47 gls during the 
test. Electrical continuity of the sensors was maintained throughout the test. 
Visual inspection of the sensors after test completion revealed no damage. 
The flight assemblies were subjected to vibrations along the thrust axis, 
as listed in the following table: 
Flight Exciter Peak Sweep rate, Duration, 
assembly frequency, amplitude, octaves/min mn 
cps gls 
1 50 to 2000 5 2 3.0 
1 50 to 2000 5 4 1.5 
1 500 to 2000 10 4 0.5 
2 50 to 2000 5 2.8 1.65 
2 500 to 2000 10 2.8 0.712 
The assemblies were resonant at approximately 300 to 1000 cycles per 
secondj as a result, the amplitude increased by a factor of 10 or more. Plots 
of the variations in acceleration for the second flight assembly are shown in 
figure 9. Accelerometer 1 was on the driving plate to which the flight assembly 
was attached. Accelerometers 2 and 3 were attached to the flight assembly. No 
adverse effects on the assemblies were noted as a result of the tests. 
Shock. - Both individual sensor assemblies and complete flight assemblies 
were tested in both directions parallel to the thrust axis. Drop-test results 
for one flight assembly in one direction are shown in figure 10. A peak ac-
celeration of approximately 77 gls with an average impulse of approximately 
44 gls for 0.01 second was experienced. No adverse effects on the assemblies 
were noted as a result of the tests. 
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Spin . - The test package was bolted to the spin-table platform, which was 
spun about an axis to simulate radial loads developed by the spinning rocket. 
For the tests where rotation was about an axis perpendicular t o the axis of sym-
metry (to simulate thrust loads ), a suitable jig was constructed to permit b a l -
ancing of the as sembly for both the thrust and reverse - thrust spin tests . 
Radial accelerati ons of 50 g's wer e applied to the sensor assemblies 
mounted either as individual assemblies or as part of the flight assemblies . As 
a r esult of the finite radius employed in the aforementioned jig, uniform axial 
accelerations in the thrust and reverse - thrust direct ions could not be obtained. 
The simulat ed thrust acceleration applied varied from a minimum of about 15 g's 
to a maximum of about 22 g ' s for the sensors in a flight assembly. These ac -
celerations wer e applied f or a period of 30 seconds. No adverse effects on the 
assemblies were noted as a result of the tests. 
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APPENDIX D 
MEASUREMENT OF ABSORPTIVITY-EMISSIVITY RATIO 
Thermal-Vacuum Chamber 
Measurements of ~/E of various coatings were made in a space simulator. 
This facility consists of a vacuum chamber with an internal structure for mount-
ing and instrumenting a test specimen. The interior walls of the tank were 
cooled to act as a radiant heat sink , and one end was fit t ed with a window 
through which the test specimen was illuminated with simulated solar radiation. 
A section view of this facility is shown in figure 11. The test specimen 
support is shown mounted on a removable back flange. Details of the support 
and the specimen mounting arrangements will be discussed in more detail subse-
~uently. The interior surface viewed by the test specimen is that of a cylindri-
cal sleeve at li~uid-nitrogen temperature. The hollow walls of the sleeve are 
filled with li~uid nitrogen through the fill tube . Attached to the interior of 
the sleeve is a spiraled baffle, which prevents reflection of the inCOming light 
from the sleeve onto the test specimen. Teed to the bottom of this tank is a 
flange, which connects to the vacuum pump system. The pumping system consists 
of an ionic-type pump (ultimate pressure, <10- 9 rum Hg; rated speed, 250 
liters/sec) and a conventional roughing system. Operating pressure on this 
facility is less than 5xlO- 7 millimeter of mercury as measured by an ionization 
gage located just above the vacuum pump flange . At the front end flange of the 
tank, a ~uartz window is mounted through ,:-rhich the simulated solar radiation is 
admitted to the chamber . 
Figure 12 shows the test specimen support with a specimen in place. Sup-
ported off the main flange is a copper plate, which can be heated with 
"sandwiched-in" heater wire. The center section of this plate has four spring-
loaded posts from which the test specimen is suspended by cotton thread . Elec-
trical connections for the heater wires and t emperature sensors are made through 
glass to metal seals in the back flange . 
Figure 13(a) shows the assembled tank and its position with respect to the 
solar simulator. 
Test Specimen Preparation 
Coatings were applied to 0.006- inch-thick stainless-steel sheets approxi-
mately 2 inches s~uare, and l-inch-s~uare test specimens were selected from this 
sample on the basis of evenness of coating, as judged by visual inspection. A 
thermistor was then bonded to the center of the back surface . Thermistors were 
also used to measure the temperature of the copper backplate. All thermistors 
were bead type, of commercial manufacture. 
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Chamber Operation 
Measurement of the ~/E ratio for a test specimen was accomplished in the 
following manner. The test specimen, prepared as described previously} was 
mounted in the chamber} and the measuring circuits were checked for proper opera-
tion. After the tank was evacuated, li~uid nitrogen was put into the hollow wall 
of the sleeve in the tank} and the solar source was started. An automatic con-
troller on the solar source maintained a constant light intensity in the plane 
of the test specimen. Changes in temperature of the test specimen were noted} 
and heaters on the backplate were manually controlled, so that the backplate and 
the test specimen were at the same temperature. The test specimen temperature 
was recorded when e~uilibrium conditions were achieved. 
If the solar radiation incident on the test specimen has an intensity of 
one solar constant, the ~/€ ratio can be calculated from the e~uation 
where 
ex. 
E 
cr 
s 
CJ'T4 e 
€ S 
ratio of solar absorptivity to total hemispherical emittance 
stefan- Boltzmann constant 
absolute e~uilibrium temperature of the test specimen 
solar constant at mean earth-sun distance, 140 mw/cm2 
Errors in Simulation 
It is of interest to examine sources of error and the effects of these 
errors in such a measurement . Consideration of the e~uation used to calculate 
ex./€ will show that, since the temperature is raised to the 4th power, small 
percentage errors in temperature will produce four times as much error in ex./€ 
as "rill the same percentage error in other terms. With this in mind, sources of 
error can be considered under general categories: (1) temperature measurements} 
(2 ) heat losses not accounted for in the calculation} (3) imperfect space simu-
lation, (4) viewing loss, and (5) imperfect solar simulation. The last of these 
has been included here only for completeness} errors in solar simulation are 
discussed in the section Simulated Solar Radiation. 
Temperature errors arise from calibration techni~ues} errors 
urement of resistance, and self-heating effects. The thermistors 
measurements were calibrated at one point, which defines Ro and 
thermistor resistance e~uation 
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where 
R resistance at temperature T 
Ro resistance at temperature To 
B constant supplied by manufacturer 
Sample measurements have indicated an error of ±2° K due to variations in B. 
Estimates of errors of the resistance measurment amount to flo K. The power 
dissipated in the thermistor produces an estimated 0.10 K temperature risej 
self-heating effects can be completely neglected. As a result) if the probable 
error in temperature is taken as ±3° K) the probable error in ~/E is ±4 per-
cent. 
Estimates of heat losses from the test specimen by radiation from the back 
side and by conduction through supports and thermistor leads would indicate a 
probable error of ±1. 5 percent in ~/E . 
Imperfect space simulation includes a number of effects . The error caused 
by using a 77 0 K heat sink (higher than in space) and then disregarding this 
term in calculating ~/E is approximately 0.3 percent. This value is based on 
an equilibrium temperature of 3500 K and would be less for higher equilibrium 
temperatures. Errors result from reflections of emitted radiation back to the 
test specimen. These include specular reflection off the window and diffuse re-
flection from all interior surfaces viewed by the test specimen. Estimates in-
dicate errors in ~/E from these sources to be less than 0.5 percent. Errors 
can also result if the pressure is not maintained sufficiently low to make the 
thermal conductivity of the residual gas negligible. Operating pressures of 
5XlO- 7 millimeter of mercury rule out such errors . 
The viewing loss due to the geometry employed also introduces a small error . 
In space at the mean earth- sun distances) the sun occupies approximately 0.1 
percent of the field of view of a surface illuminated by the sun. In the space 
simulator the ~~ndow occupies approximately 1.0 percent (as defined by the angle 
~ of fig . 11) of the field of view of the t est specimens. Although this area 
is higher by a factor of 10) its effect (the amount by which the heat sink area 
is reduced) is less than 1.0 percent. 
On the basis of these considerations and excluding the errors due to im-
perfect simulation of solar radiation) the probable error in ~/E can be taken 
as ±4.3 percent. 
Simulated Solar Radiation 
Equipment. - The source of radiation for simulating the intensity and spec-
tral distribution of the sun's radiation was a special carbon arc lamp. The 
positive electrode was a 13 . 6-millimeter -diameter rod of special composition. 
The negative electrode was 11 . 1 millimeters in diameter . The arc consumed 135 
to 145 amperes at 55 volts . 
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The radiant energy from the arc was collected and transferred to the test 
specimen by a specially designed optical system (see fig. l3(b)). All elements 
of the system were fused silica. To transfer the radiant energy} an image 
three times normal size was formed in the plane of a projection lens by two 
condensing lenses . The projection lens images one of the condensing lenses 
into the plane of the t est specimen . This arrangement ensures uniformity of 
radiance on the test specimen . Since only flat surfaces were tested} a coll -
mated light beam was not necessary. 
The intensity of the radiation at the specimen plane was measured with a 
thermopile. During system operation, a closed- loop control system monitored 
and regulated the radiation intensity falling on the specimen . A selenium 
photovoltaic sensor was used to measure the radiation for monitoring purposes. 
This sensor was located at the mirror image of the specimen. The radiation re-
ceived by the sensor was reflected from a window surface in the optical path. 
Any variation in sensor output was amplified and caused the condensing lens as -
sembly to move . Motion of the lens altered the amount of radiation intercepted 
by the condensing lens system in such a way as to restore the initial radiant 
intensity. The e~uipment was capable of continuous operation for up to 35 min -
utes . 
Measured spectrum. - The spectrum of radiation from the solar simulator is 
shown in figure 14. The spectrum measurement was made on an infrared spectro-
eter with a lithium fluoride prism and a lead sulfide detector . The instrument 
was calibrated with a National Bureau of Standards tungsten standard lamp. 
Errors . - Subse~uent to the use of the solar simulator for the purposes de -
scribed in thi s report) an improved calibration device was ac~uired . This 
standard was an Angstrom) compensated pyroheliometer . Calibration of the thermo-
pile with the pyroheliometer indicated an error of +7 percent in the assumed 
total intensity. Therefore} the intensity actually used was 93 percent of a 
solar constant . A value of 1395 watts per s~uare meter was used as e~uivalent to 
one solar constant. The spectrum measurements were made with the total radiation 
under automatic control} as described previously. The optics of the system were 
included in the light path. The measurements were corrected for scattered light 
and detector noise level . No statement on the accuracy of the measurements can 
be made . Reproducibility over a period of 2 months was ±5 percent . 
Uniformity of radiant intensity on the specimen was measured. A magnesium 
oxide specimen was substitut ed for the experimental specimen. The brightness of 
the surface of the magnesium oxide specimen was measured . Five percent of the 
total area was used for each measurement . The brightness of the surface was 
uniform to within ±3 percent at any point on the specimen . 
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APPENDIX E 
ULTRAVIOLET DEGRADATION MEASUREMENTS 
Description of E~uipment 
ultraviolet radiation was a 900 -watt high-pressure mer -
The light from the source was collected and directed to 
silica optical system. The specimen was irradiated with 
beam. 
The specimen was mounted inside a 5- inch-diameter Pyrex tee . The tee was 
mounted on an ion vacuum pump . The radiation from the lamp enters the tee 
through a Ij2 - inch- thick fused silica window. 
Test Specimen Preparation 
The specimens to be irradiated consisted of a l-inch- s~uare stainless-steel 
sheet. The coating to be tested was applied to one side onlYj the specimen was 
then fastened tightly to a copper plate . The copper plate was supported by 
means of four stainless - steel posts approximately 2 inches long . Heater wires 
"Tere "Trapped around the supporting posts . By manual adjustment of the power 
supplied) the temperature of the specimen could be controlled. The temperature 
of the specimen was measured by a thermistor attached to the side of the copper 
mounting plate opposite the specimen. 
Test Procedure 
Before the end plate supporting the specimen was fastened to the Pyrex tee) 
a measurement was made of intensity of the radiation reaching the specimen loca-
tion . The end plate was then attached) and the system was evacuated . A sample 
of the beam was monitored to ensure that constant power was being received by 
the specimen. Data recorded were time of irradiation) specimen temperature) 
pressure in the test chamber) heater power) and source intensity. The product 
of intensity of radiation reaching the specimen and time of exposure is the 
total exposure of the specimen. 
Errors 
Information pertinent to estimating errors in the experiment is given sub -
se~uently . 
The spectrum of the lamp is given in reference 11. The spectrum shown 
therein is modified in this application by passing through approximately 1 inch 
of fused silica. 
The amount of radiation striking the specimen "lith a wavelength of 0.25 to 
0. 4 micron was measured ",ith a thermopile . The same thermopile was used in 
25 
measuring the ultraviolet port ion of t he carbon - arc solar- simulator radiation . 
The ultraviolet radiation int ensity was measured by eliminating the visible and 
infrared radiation with Corning 9863 and 3486 filters. 
The number of solar constants of ultraviolet radiation incident on the 
specimen was calculated from 
N 
.. There 
N number of solar constants incident on thermopile 
Il millivolt output of thermopile with 9863 filter in place 
I1+2 millivolt output of thermopile with 9863 and 3486 filters in place 
IO millivolt output of thermopile in sunlight or of carbon- arc solar simu-
lator in band of wavelength ranging from 0. 25 to 3. 0 microns 
and K is defined as 
K 0.067 
.. There 
TA transmission of 9863 filter 
J o fraction of total solar radiation in wavelength band from Johnsons data 
26 
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C\) 
OJ 
Chan-
nel 
1 
2 
4 
5 
6 
3 
Number of 
s egments 
8 
8 
8 
8 
8 
4 
l ___ _ 
Exposure parameters 
Area per Thick- Material 
s egment , n ess, 
sq in . in. 
18 0.003 Stainless 
steel 
18 0 . 003 Stainless 
steel 
9 0 . 003 Stainless 
steel 
9 0.003 Stainless 
steel 
9 0 . 006 Stainl ess 
steel 
9 0 . 006 Stainless 
steel 
TABLE I. - EXPERIMENT PARAMETERS 
Telemetry circuit parameters 
Total Number of Sensors in Series re- Minimum volt- Voltage change Telemetry 
area, parallel series per sis tor , age change due to 1000 C s ystem 
s q ft l egs l eg RL, per break temperature 
kilohm (percent of change of all full s cal e ) sensors in one 
channel ( per-
cent of full 
scale ) 
1 8 2 264 10.4 4 A 
1 8 2 264 10.4 4 A 
0. 5 8 1 284 10. 4 2 B 
0 . 5 8 1 284 10.4 2 B 
0. 5 8 1 284 10. 4 2 B I 
0.25 4 1 132 20 . 8 4 A 
-- ---- --- ------
1----
I 
N 
<.0 
Orbit 
(pass) 
number 
Launch 
1 
1 
9 
1 4 
14 
15 
15 
16 
22 
23 
24 
29 
--- --~-.. - ~-----. 
TABLE II. - ORBITAL TELEMETRY HISTORY FOR GOLD GRI D SENSOR EXPERIMENT 
[Launch date , Aug . 25, 1961 . ] 
Date Startin g time Minitr ack Time Number of segments Thermistor tem-
of recording, recording in surviving, by perature, 
Greenwich station orbi t, channel numbers °c 
mean time h r ( see fig . 3 ( b ) ) 
1 2 3 4 5 6 A B C D 
25 18 29 : 44 Bl ossom Point ---- -- - - -- -- -- -- -- -- -- --
25 2009 : 57 Blos som Poi n t 1. 67 -- -- -- 8 8 8 -- -- 43 37 
25 2011:00 Grand Forks 1. 68 - - -- -- 8 8 8 - - -- 43 41 
26 1002 :40 Antofagasta 15 . 55 7 8 4 8 8 8 - 5 -2 -1 10 
26 1 511:00 Blos som Poi n t 20. 68 -- -- -- 8 8 8 -- -- 7 3 
26 151 3 : 30 Fort Myers 20.71 7 8 4 8 8 8 0 3 8 3 
2 6 1651 : 33 Bl ossom Point 22 . 37 7 8 4 8 8 8 3 9 10 7 
26 1652 : 00 Fort Myers 22.38 7 8 4 8 8 8 4 7 10 5 ! 
2 6 1834 : 30 Fort Myers 24. 08 7 8 4 8 8 8 8 13 1 3 10 I 
27 0440~00 Santiago 34 . 16 7 8 4 8 8 8 9 10 11 9 
27 0620 : 10 Santiago 35.83 7 8 4 8 8 8 6 6 11 8 
27 0803:14 Antofagasta 37. 55 7 8 4 8 8 8 -5 -2 3 0 
27 1538 :45 Woomera 45.15 7 8 4 8 8 8 11 6 13 11 
- -
--
- "--- '-- - - - -
Sensor 
number 
1 
2 
3 
4 
5 
6 and 7 
30 
TABLE III. - V ANGUABD III PENErRATION DATA 
(FROM GODDARD RESEARCH CENTER) 
Experimental parameters 
Number of segments (pressure capsules) 2 
Exposed area per segment, sq ft 1. 657 
Thickness of exposed area, in. 0 . 027 
Material exposed Magnesium 
Exposure data 
Exposure time (from launch), days 72 
Number of segments surviving 2 
TABLE IV. - THERMAL-VACUUM TEST RESULTS 
[Individual sensor assemblies.] 
Pressure, Dura- Temperature, Total Comments 
mm Hg tion, OF time of 
hr cycles, 
hr 
lX10- 4 20 230 -- Temperature control 
failed; sensor failed 
at 2900 F 
5X10-5 66 190 -- Sensor failed when 
bleed valve was 
opened 
5X10- 5 336 200 -- Removed for inspection 
6xlO- 4 29 250 -- Heater failed 
2X10- 5 17 255 -- Increased temperature 
------ <1 300 -- Sensor failed at 
3000 F 
5X10- 6 336 260 -- Removed for inspection 
5X10- 6 336 260 -- Removed for inspection 
5xlO- 5 341 -50 to 250 80 Removed for inspection 
5X10- 5 79 - 40 to 200 23 Removed for inspection 
5X10-5 122 - 30 to 190 23 Removed for inspection 
Conductor grid dimensions 
Ol~ 
l100*;t 
4. 57 
0.003 - 0.006 Stainless 
0.00025 
Grid, 
.Tab for electrical 
\connection 
\ 
~I 
Figure 1. - Gold grid sensor. (All dimensions are in inches.) 
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o INCH 1 
IIIIII II 
Figure 2 . - Sens or with attached lead wires . 
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C- 55038 
I 
~1 
tN 
tN 
(a) Mounted sensors and satellite support structure. 
Figure 3. - Sensor assembly details. 
(N 
II'> 
Thermistor B -I A ~ D-" 
/ 
rChannel number 
/ of sensor 
(b) Developed view showing sensor distribution by telemetry channel . 
Figure 3. - Concluded. Sensor assembJy details. 
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\ 
I SJ. r 1 I I I I I I I 
urvlva 
probability, 
o 
1 () 0 . 10 that results in the 
10 I-----~--\+--+--l-I-If---+--J. l::::. . 50 indicated survival -I\~ [] <> . 90 probability (i.e . , o . 99 no penetrations) 10 - 2t-------~--~r)~--~+_+J~_r~rcrur--v-e-I--;_Wh--iP-Prl-e_r(r-e~f-.;_ST),-rr------~ .~ Curve II McCracken, et al. (ref . 6) C rve III atson (ref . 7) 
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\ (b \C 
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. 001 . 002 . 004 . 006 . 010 . 020 .040 .060 . 100 . 200 
Skin thickness, in. of stainless steel 
Figure 4. - Penetration rate estimates . Impact velocity, IS kilometers 
per second; micrometeoroid density, 2 . 7 grams per cubic centimet~r; 
Summers' penetration criteria for quasi - infinite targets (ref. 8) 
multiplied by 1.S. 
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Figure 5. - Measured sensor temperatures . 
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insert 
Figure 6. - Sensor electrical connections and mounting details. 
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-=- 12 v 
Sensor 
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Input 
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Output voltage, Eo 
to frequency channel ~ 
Figure 7 . - Frequency channel circuit for sensor 
interrogation. 
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(a) Circuit for accelerometers 2 and 3 . 
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(b) Circuit for accelerometer 1. 
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Figure 8 . - Acceleration measuring equipment for vibration testing . 
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(a) Nominal 5- g driving acceleration . (Frequency sweep rate , 50 to 
2000 cps at 2 . B octaves/min . ) 
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(b) Nominal 10- g driving acceleration . (Frequency sweep 
rate, 500 to 2000 cps at 2 . B octaves/min . ) 
Figure 9 . - Vibration test results for second flight assembly . 
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Figure 10. - Shock test results for second flight assembly (typi-
cal oscillograph camera record of drop test) . 
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\fig. 12) 
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Figure 11. - Section view of thermal-vacuum chamber for equilibrium temperature measurement. 
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Figure 12. - Specimen mounting assembly of thermal-vacuum chamber. 
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(a ) OVerall facility. 
Figure 13. - Equilibrium t emperature measurement equipment . 
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Figure 13. - Concluded. Equilibrium temperature measurement equipment. 
